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Theoretical Analysis of Aircraft Afterbody Flow
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The strongly interactive flow field about aircraft afterbodies is investigated using computational techniques by
which the thin-shear-layer formulation of the compressible, Reynolds-averaged Navier-Stokes equations is
solved. A time-dependent implicit numerical algorithm is used to obtain solutions for a variety of afterbody and
nozzle geometries, within the class of bodies of revolution for both subsonic and supersonic external flows and
for sonic and supersonic underexpanded jets. Only centered nozzles with either a sharp lip or a blunt base are
considered. In all cases, computed results are compared with experimental data. Turbulence closure is realized
using algebraic eddy-viscosity concepts. A new and unique adaptive grid technique is used to resolve flow
regimes with large gradients and to improve the accuracy and efficiency of the computational scheme. Special
singular-point boundary conditions are used for similar purposes and are especially effective for highly underex-
panded jets. For the cases considered, the agreement with experimental measurements is very good in inviscid-
dominated regimes and qualitatively good, but less accurate, in regions where there is recirculation.

Nomenclature

C, = pressure coefficient

d; =nozzle exit diameter, calibers

D =forebody diameter

) =afterbody length, calibers

M =Mach number

P =pressure

r =radial coordinate

Re =Reynolds number based on diameter

T =temperature

uv =contravariant velocity components

Xg =end of afterbody

IR =curvilinear coordinates

“r =turbulent viscosity coefficient

1) =vorticity

Subscripts

J =jet

) =local value

& =differentiation with respect to £ and ¢

oo = freestream condition
Introduction

OR many years, there has been considerable interest in
understanding and predicting aircraft afterbody flows.
AGARD has sponsored extensive studies through its Pro-
pulsion and Energetics Panel and Fluid Dynamics Panel.
JANNAF (Joint Army, Navy, NASA, and Air Force) has
sponsored similar activity through its Exhaust Plume Technol-
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ogy Subcommittee. These efforts, for the most part, have con-
centrated on experimental studies and on the development of
component model predictive schemes. Since the experimental
studies are quite complex and expensive, there is considerable
interest in developing less expensive, yet reliable, analytical
and numerical predictive schemes. Component modeling
methods have enjoyed success with certain classes of flows,
but when viscous-inviscid interactions are strong or when
there are large regions of flow separation or recirculation or
both, the assumptions in the models break down and the simu-
lations are inadequate or, at best, suspect. In recent years,
there has been an increasing effort to develop predictive
methods capable of describing strongly interactive flows.
Popular among these are methods solving an appropriate
subset of the Navier-Stokes equations. This type of method
permits capturing the interaction between the inviscid-
dominated and viscous-dominated regimes (e.g., interacting
shear layers). In addition, flows with regions of recirculation
are naturally treated.

Holst! first solved the Navier-Stokes equations for super-
sonic flow over axisymmetric boattails with a solid-plume
simulator. Mikhail® removed the solid-plume simulator and
considered a centered propulsive jet emanating from a sharp-
lipped nozzle at a Mach number of unity. Jacocks? treated a
similar configuration with a jet, but with a subsonic external
flow. Peery and Forester* treated multistream (concentric)
nozzle flows with a transonic external flow. The nozzles had
sharp lips and the jets were underexpanded. Swanson® used a
solid-plume simulator in his study of transonic (both subsonic
and supersonic) boattail flow. In all of these studies, either
MacCormack’s explicit® or his mixed’” method was used to
solve the governing finite-difference equations.

Deiwert® used the implicit method of Beam and Warming®
to simulate subsonic, transonic, and supersonic, three-
dimensional separated flows over axisymmetric boattailed
bodies with a solid-plume simulator. Using MacCormack’s
method, Hasen'? treated nozzles with blunt bases and studied
the supersonic flow from an axisymmetric nozzle in a super-
sonic external flow. Overexpanded jets were of primary con-
sideration, with one slightly underexpanded case included.
Base pressures, flow fields, and shock structures in the jet
were described in some detail. Using the implicit method,’
Sahu et al.!! treated the base flow of a projectile at transonic
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speeds. This work was subsequently extended!? to include base
injections. Deiwert'* and Fox!* studied the supersonic axisym-
metric flow over blunt-based afterbodies containing a super-
sonic centered propulsive jet. This work was extended to three
dimensions!® to treat axisymmetric configurations incident to
the freestream. Nietubicz et al.!® treated three-dimensional
flows past projectile configurations at transonic speeds.

Recently, the AGARD Fluid Dynamics Committee estab-
lished a working group (WG-08) to assess the state of the art
of predictive capabilities for the ‘‘aerodynamics of aircraft
afterbodies.”” As a part of this effort, a collection of ex-
perimental studies of a variety of configurations and flow con-
ditions was gathered together to provide test data with which
to evaluate predictive methods. Results of this assessment are
found in Putnam and Bissinger.!” The purpose of this paper is
to present numerical results and their comparisons with exper-
iment for some of these data, to describe the enhancements of
the original Navier-Stokes scheme!® and to assess the present
predictive capability for this class of flows.

Computational Method

The computational method used has been described in some
detail in Ref. 13. Briefly, the thin-layer formulation of the
compressible, axisymmetric, Reynolds-averaged Navier-
Stokes equations, written in generalized curvilinear coordi-
nates, is solved in a time-marching way, using the implicit,
approximate-factored finite-difference method of Ref. 9. The
shear layers are constrained to lie in one principal plane,
namely, the plane normal to the 5 coordinate.

Turbulence Closure

Turbulence closure is realized using eddy-viscosity concepts
compatible with the thin-shear-layer approximation. In the
present study, an algebraic model is used which is derived
from the Baldwin-Lomax'® formulation. The application of
this model to aircraft afterbody flows is described in Ref. 13.
This model presumes that turbulence transport is a function of
the local mean flow variables only and does not contain any
convective transport terms (such as are described in differen-
tial eddy-viscosity models). However, convective transport ef-
fects can be accounted for in an approximate sense using re-
laxation techniques (confined to the near-base region in the
present study). Despite this approximation, the model has sev-
eral features that make it suitable for simulating aircraft after-
body flows in which there is more than one shear layer, as will
be seen in the following discussion.

The Baldwin-Lomax model is a two-layer formulation for
wall-bounded shear layers. The inner layer describes the be-
havior in the near-wall region and is identical to the Prandtl-
Van Driest formulation used in the Cebeci-Smith model. The
outer layer is described by two different formulations: one to
be used for attached, somewhat fully-developed shear layers
and the other to be used for separated, nearly-separated, or
free shear layers. A criterion for switching from one outer for-
mulation to the other is provided for wall-bounded shear
layers. The free-shear-layer formulation is used only for mas-
sively separated and free shear layers. Restricting attention
now to the free-shear-layer formulation, we have

vr= KCchwakeFKleb

where
K =0.0168 (Clauser’s constant)
C, =16
Fwake = wkU%iifnmax/Fmax
C.v =0.25
Fxiep = [1+5.5(Cxep 7~ M0l/m)1 7"
Cxien =0.3
dif = (u2 + Uz)max - (u2 + U2 )min

THEORETICAL ANALYSIS OF AIRCRAFT AFTERBODY FLOW 497

and 7, is the location of the middle of the shear layer, Uy is
measured across the layer with width ,,, ., is the local max-
imum of the function F(x) =7 |w|, and ny,, is the location
where it occurs. Figure 1 shows a schematic illustrating the
shear layers in the base region of a blunt-base aerodynamic
afterbody.

It is important that the coordinate # be measured from a ref-
erence plane reasonably far away from the shear layer so that
it has negligible influence on the determination of F,,,, . In this

_way, the coordinate y drops out of the formulation entirely for

free shear layers (except as it appears locally in the Klebanoff
intermittency function) and yet provides for a smooth transi-
tion between the two different outer formulations for attached
shear layers. If there is more than one shear layer present, as
occurs in the near-base region on blunt-based afterbodies, then
local extrema (F,,,, and U? ) are identified for each layer, us-
ing the same formulation and same 75-coordinate reference
plane. Hence, we have a single formulation, independent of a
coordinate length scale, that is applicable to flows with multi-
ple, quasi-parallel shear layers. The length scale in these for-
mulations is defined by Uy [ |o |nax @nd the velocity scale is
defined by Uy, both local quantities for distinct layers. When
two shear layers begin to merge, there exists a viscous-viscous
interaction that, until they blend together completely, form a
complex shear layer. This complex layer is described in an ap-
proximate sense, using relaxation and averaging concepts.

In the present formulation, the essential shear layers are
assumed to be aligned normal to the n-coordinate direction. In
the base region of a bluff body, however, there is a wall layer
that is parallel to the 5 coordinate. There are no viscous terms
carried in the thin layer and hence no turbulence modeling
treatment. Rather, a slip boundary condition is assumed with
laminar flow just near the base. A transition to a turbulent
flow downstream of the base is achieved by relaxing from the
Jaminar flow at the base to a turbulent flow some distance
downstream of the base (over a distance of 1 caliber). Note
that the shear layers coming off the afterbody and at the jet
slip surface are still described as turbulent layers. The recir-
culation flow in the base region, however, is quasi-laminar
with a smooth transition to the bounding turbulent shear
layers.

ZFmax: Tmax)
w2+ Vz)min
BASE
(u2+ Vz’min
2,,2
(Fmax: Tmax! e+ v max
NOZZLE
=
JET n
2
w

Fig. 1 Multiple free-shear-layer schematic: algebraic turbulence
model.
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Adaptive Grid

Flowfields over aircraft afterbodies typically are complex
and contain regions of strong viscous-inviscid and strong
viscous-viscous interactions. External flows are typically tran-
sonic or supersonic and contain compression shocks, as well as
regions of rapid expansion. The boundary layer on the after-
body leaves as a free shear layer and merges with the shear
layer between the propulsive jet and the external flow. The
underexpanded propulsive jet exhibits internal structures in
the form of barrel shocks and Mach disks. The locations of
these high-gradient regions are not known before a flowfield
solution is obtained and must be determined as part of the
solution. To accurately capture and resolve these regions, it is
critical to use a solution-adaptive grid. In fact, it is sometimes
not possible to achieve even a stable solution without resolving
regions of rapid expansion (such as near the nozzle lip) or
strong compression to sufficient scale. This is particularly ap-
parent in the case of highly underexpanded jets (static pressure
ratio greater than five).

Here, the two-dimensional adaptive grid method of Naka-
hashi and Deiwert!® % is used to redistribute the grid points in
order to improve the resolution in regions of high gradients
and thus improve the accuracy and efficiency of the solution
method. This adaptive grid method is based on variational
principles that correspond to the minimization of the energy
of a system of springs connecting the grid points to one
another. The spring constants are determined by local gradi-
ents of the flowfield variables. Orthogonality and smoothness
constraints are imposed to maintain control of the global char-
acter of the adapted grid. Directional splitting and marching
concepts are used to make the method efficient and robust. It
is possible to add or delete grid points at the user’s discretion,
thus enhancing the accuracy and efficiency of the method
without increased complexity. The resulting adapted grids are
effectively optimized with respect to the driving functions. In
the present study, the redistribution of grid points is driven by
the pressure gradient in the streamwise direction and by the
density gradient in the radial direction.

Boundary Conditions

Boundary conditions for afterbody flowfield computations
consist of the following:

1) No-slip, adiabatic wall, and zero normal pressure gradi-
ent on the forebody and afterbody surfaces.

2) Uniform freestream at the upstream and far-field lateral
boundary.

3) Extrapolation at the downstream boundary, except for
subsonic outflow conditions, for which static pressure and ex-
trapolated density are used to determine energy from the equa-
tion of state.

4) Inviscid flow at the jet exit plane.

5) On blunt nozzle bases, slip (such that contravariant velo-
city component U=0) density and the contravariant velocity
component V are extrapolated so that p, =0 and V, =0, zero
normal pressure gradient is imposed, and energy is determined

using the equation of state.

6) Symmetry on the upstream and downstream centerlines
with zero radial gradient for mass, total momentum, and
energy.

For configurations with blunt bases, there are two singular
points on the base: one at the external corner and the other at
the nozzle lip, denoted by points A and E, respectively, in Fig.
2. The n gradients at point A are described using boundary
conditions 1 and at point E by conditions 4. The £ gradients at
both points A and E are described by extrapolating density,
energy, and V; U is set to zero.

For high-pressure jets (highly underexpanded), there is a
rapid expansion around the nozzle lip at point E (Fig. 2). De-
pending on the downstream position, different properties
should be observed corresponding to the characteristic paths
emanating from point E. Following the idea proposed by
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Fox,!* the boundary values at point E are expanded to the line
BCD for high-pressure jets (when p; ;> 5p..). A Prandtl-Meyer
expansion, corresponding to the pressure at point B, is used to
define properties about the point E that are then extrapolated
isentropically, but with changmg area, to a distribution along
CD. The pressure along BC is assumed constant, the momen-
tum components and energy are interpolated between B and
C, and the density is determined by the equation of state. The
location of point C along line BD is determined as a function
of the flowfield solution — namely, by the turning angle cor-
responding to the computed pressure at point B to which the
jet can expand. The pressure at point B is determined as
described for points A and E, since there is insufficient infor-
mation to determine the pressure at point B using the normal
momentum equation. This expanded treatment of the nozzle
lip at point E permits the efficient treatment of very-high-
pressure jets, imposes correct physical behavior, and stabilizes
the solution procedure.

Computed Cases
A set of six afterbody/flowfield combinations are con-
sidered for comparison with experimental data. These cases,
summarized in Table 1, are among those selected by the

\A

e

ANNULAR
BASE

NOZZLE/

Fig. 2 Base boundary singular points.

Table 1 Afterbody and flowfield combinations

Case Geometry M. M; p;j/Dw ! d T;/Ts
Circular arc 0.8 1.0 1.532 1.768 0.5 1.0
Circular arc 0.8 1.0 1.532 0.8 0.5 1.0
Cylinder 2.01 25 1.0 0.0 0.6 1.0
Cylinder 201 25 6.0 0.0 0.6 1.0
Cylinder 201 25 1.0 1.0 0.6 1.0
Cylinder 201 25 6.0 1.0 0.6 1.0

A W AW N
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AGARD Fluid Dynamics Committee Working Group (WG-
08) to assess the state of the art of our predictive capability for
the ‘‘aerodynamics of aircraft afterbodies.”’

In the first two cases, subsonic flow over circular arc boat-
tails with choked flow emanating from sharp-lipped nozzles is
considered. Cases 1 and 2 were tested extensively at NASA
Langley and are described in Refs. 21-25. The freestream
Mach number is 0.8, the jet exit Mach number is unity, and
the nozzle pressure ratio is 1.532. The case 1 afterbody is 1.768
calibers long with a base diameter of 0.5 caliber. This case was
designed to support fully attached flow over the afterbody at
these flow condititions. The case 2 afterbody is 0.8 calibers
long with a base diameter of 0.5 caliber. This configuration
leads to separated flow over the afterbody.

Both cases were simulated assuming a 14 deg half-angle con-
ical nose and cylindrical forebody, which was the experimental
configuration. The computational region was discretized with
140 points in the streamwise direction and 68 points in the
radial direction, 20 of which are distributed across the jet exit
plane. As described in previous studies,?!315 stretching and
clustering of grid point distributions was used extensively to
focus resolution in the boundary layer and near corners. In ad-
dition, the grid point distributions, which were initially dis-
tributed using algebraic methods, were adapted to the solution
several times during the course of the development of the
solutions.

Shown in Figs. 3 and 4 are computed and experimentally
measured surface pressure coefficient distributions over the
afterbodies of the first two cases. The agreement between
computation and experiment for these cases is excellent, ex-
cept over the long separation bubble in case 2. In the separated
flow region (see Fig. 4), the simulated distribution fails to in-
dicate a pressure plateau and somewhat overpredicts the
pressure recovery and, hence, underpredicts the afterbody
pressure drag. This suggests inaccurate prediction of
boundary-layer displacement thicknesses over the separated
flow region (a separation bubble that is too thin) and points
directly to weaknesses in the turbulence model in this regime.
Swanson’ shows that better agreement can be achieved in this
region using a global relaxation turbulence model. It is of in-
terest to note, however, that the present predicted location of
separation agrees remarkably well with experimental results
for case 2. Separation was also predicted for case 1, but only
near the end of the afterbody. No experimental data evidenced
this separation, probably because of a lack of instrumentation
or flow visualization in this region sufficient to detect flow re-
versal so close to the end of the afterbody.

Shown in Fig. 5 are comparisons of computed and ex-
perimental local flow angles over the afterbodies of cases 1
and 2. Plotted at six different radial positions away from the
centerline is local flow angle variation with streamwise dis-
tance. Away from the body, the agreement between computa-
tion and experiment is excellent. Near the body surface and
downstream, the measured oscillations in flow angle are not
captured computationally. This may be due to numerical dissi-
pation or insufficient grid resolution in the streamwise
direction.

Figure 6 shows comparisons of computed and experimental
local Mach numbers over the afterbodies of cases 1 and 2.
Plotted in the same format as the local flow angle is the differ-
ence between the local Mach number and the freestream Mach
number ( A M=M,—-M_). Again, the agreement between
computation and experiment is good, but with some discrep-
ancy near the afterbody surface and near the free shear layer.
Here, the computed results indicate a lower Mach number
(less full boundary-layer profile) than the experimental data.

- Some of this discrepancy might be attributable to experimen-
tal probe interference effects near the afterbody surface, but
more probably the major difference is primarily a result of im-
proper turbulence transport modeling in regions of adverse
pressure gradient. As in the previous plot, the A M plot also
shows that the physical oscillations in the shear layer have not
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Fig. 3 Afterbody surface pressure coefficient distributions, case 1
M, =0.8, M;=1.0, pj/p‘,, =1.532, 1=1.768).
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Fig. 4 Afterbody surface pressure coefficient distributions, case 2
WM, =0.8, M;=1.0, p;/p,, =1.532, I=0.8).

been accurately described by the computation.

Turning now to the flowfield structure in the jet and the in-
teraction between the jet and the external flow, we have shown
in Fig. 7 computed and measured pitot pressure profiles at
seven streamwise positions downstream of the nozzle exit for
both cases 1 and 2. The agreement for case 1 (Fig. 7a) is excel-
lent, both in jet spreading rate and in the details of streamwise
expansion and recompression near the jet centerline. The
agreement for case 2 (Fig. 7b) is also good, but there are minor
differences in jet spreading and in the details of jet expansion
and recompression near the centerline. The difference in jet
spreading is somewhat influenced by differences in the shear
layers coming off the afterbody surface.
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Fig. 5 Computed and measured local flow angle.
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Fig. 7 Pitot pressure profiles in jet.

A general observation concerning prediction of displace-
ment effects is that in regions of adverse pressure gradient, the
displacement thickness is generally overpredicted when the
boundary layer is attached. When the boundary layer sepa-
rates, however, the thickness of the separation bubble is
underpredicted. This leads to underprediction of pressure level
for attached layers after an adverse pressure gradient and
overprediction when the flow has separated. Possible causes
for underprediction of displacement thickness for attached
layers include 1) insufficient resolution around expansion cor-
ners (see, e.g., Ref. 8); 2) grid dependency near solid surfaces
(adaptive gridding was not used in wall-bounded shear layer
regions); and 3) lack of adverse pressure gradient correction
terms in the turbulent transport model. The underprediction
of separation bubble thickness is certainly a result of using
eddy viscosity coefficients in the reverse flow region that are
too large.

The remaining cases 3-6 have supersonic flow past a blunt-
base afterbody containing a centered propulsive jet at Mach
2.5. Cases 3 and 4 have a straight cylindrical afterbody with
jet-to-freestream pressure ratios of 1 and 6, respectively. Cases
5 and 6 have 6 deg conical afterbodies, 1 caliber long, and
again have pressure ratios of 1 and 6, respectively. These con-
figurations have been tested extensively by Agrell and others
(see Refs. 26-28).

Figure 8 shows the initial algebraically generated grid in the
near-base region that was used for cases 3 and 4. There is in-
itial clustering of the radial lines near the end of the afterbody
and clustering of the streamwise lines near the afterbody shear
layer and near the jet exit shear layer. This grid contains 113
points in the streamwise direction and 100 points in the radial
direction, with 20 points across the jet exit plane and 33 across
the blunt base. This grid was adapted to the flow three times
during the course of the solution, based on density gradient in

0 0 1
PrpfPe,,
25 HE il T Y ¥ ¥ ¥
\l I'
M‘
20r Ii 1
15+ Tl "
r/D ]
1.0 ! :
0
85 9.0 95 100 105 11.0 115 120 125
x/D

Fig. 8 Initial grid in base region: cases 3 and 4.

the radial direction and pressure gradient in the streamwise di-
rection, for both cases. Shown in Fig. 9 are the final grids used
for these cases. Twenty-two grid points have been added in the
streamwise direction in each of the cases to help define the re-
gion containing the Mach disk near the jet centerline. This
brings the total number of grid points in the streamwise direc-
tion to 135. Computed Mach contours for these cases are
shown in Fig. 10 and they clearly indicate the locations of the
oblique compression shocks, jet mixing layer, barrel shock,
and Mach disk. These high-gradient regions have, for the most
part, been adequately captured and resolved. There is still
room for improvement in the resolution of the Mach disk and
the precise axial location of the disk is somewhat sensitive to
this resolution.
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Figure 11 shows comparisons of computed density contours
and isobars with schlieren photographs obtained under like ex-
perimental flow conditions. The photographs were provided
by Johan Agrell and the Flygtekniska Forsdksanstalten, the
Aerodynamic Research Institute of Sweden, where the ex-
perimental tests were performed. Critical lines corresponding
to shocks, shear layer boundaries, and contact discontinuities
have been traced from the photographs and superimposed on
the computed contours. The agreement between computation
and experiment is excellent, with some minor variation being
noted in the location of the Mach disks. In cases 4 and 5, the
oblique lambda shock just off the end of the afterbody has
been accurately simulated. This is not true for case 6, how-
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Fig. 11 Computed density contours and isobars in base region com-
pared with schlieren photograph for afterbody with centered jet.
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ever, where experimental evidence indicates an interaction be-
tween the upstream leg of the lambda shock and the boundary
layer on the afterbody. This kind of shock/boundary-layer in-
teraction is not observed computationally until the jet exit
pressure is increased further. The onset of this type of interac-
tion seems to occur, for this particular geometry, for jet-to-
freestream pressure ratios near 6. It is this onset that is not
predicted computationally rather than the phenomenon itself.

Conclusions

It has been demonstrated that it is possible to simulate, in
considerable detail, the complex flow features associated with
a variety of aerodynamic afterbody shapes and a variety of
flow conditions. Comparisons with experimental data show
these simulations to be reasonably accurate. Such computa-
tions, although not sufficient to compute overall drag for any
given configuration accurately enough for design purposes,
can be valuable in performing parametric studies and for look-
ing at flowfield structures. The solutions are quite good in
inviscid-dominated regimes. Although quantitative compari-
sons of shock strength and location have not been made, com-
parison of schlieren photographs and computed contours does
show qualitatively accurate prediction of shock location and
structure in the exhaust plume and external flowfield. The re-
gions of viscous-inviscid interaction seem to be generically
correct, but are less precise. And the regions of flow recircula-
tion, although captured and defined, are probably imprecise
in their detail.

Two critical areas can be identified where improvement is
necessary. The first is in modeling the turbulence transport
mechanism in the base flow region and for interacting free
shear layers. It seems important for flows with large recir-
culating regions to include convective effects in the turbulence
transport mechanism and to try to define a length scale in a
realistic manner. The second area is in the treatment of bound-
ary conditions for large base regions and the inclusion of addi-
tional shear terms in the equations (i.e., the thin-layer approx-
imation used in the present study is not valid near the base).
For afterbodies with small base regions, such as configura-
tions used in cases 5 and 6, this is probably not so critical. But
for large bases, the error can be large.

The use of solution-adaptive grids has been advantageous in
strategically repositioning grid points as complex flow features
emerge during a computation. Although it is always desirable
to have as much resolution as possible, the adaptive grid pro-
cedure can put the points that are available in optimal posi-
tions. A further nontrivial advantage in using an adaptive grid
is in simplifying grid generation. It is practical to use simple
and efficient algebraic initial grid generation procedures, or
even to use grids from some other solution for a like geometry,
and to develop an efficient optimal grid as the solution
evolves.
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